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RESEARCH MEMORANDUM 

AERODYNAMIC HEAT  TRANSFER AND ZERO-LIFT DRAG OF A FLAT 

WINDSHIELD  CANOPY ON THE NACA R"10 RESEARCH  VEHICLE 

AT HIGH REYNOLDS NUMBERS  FOR A FLIGHT MACH 

NUMBER RANGE FROM 1.5 TO 3.0 

By Sherwood  Hoffman and Leo T. Chauvin 

SUMMARY 

The aerodynamic heat-transfer  properties and zero- l i f t   drag of a 
t y p i c a l   p i l o t ' s  canopy have been  determined by a rocket-model f l i g h t  
test  through a Mach  number range  from  about 1.5 t o  3.0 and  corresponding 
Reynolds number range from approximately 18 x lo6 t o  59 x LO6, based on 
the  length between the  fuselage  nose  and canopy. The canopy  had a 
63O sweptback f l a t  windshield,  circular  cross  section,  and  an  equivalent 
body f ineness   ra t io  of 7.0. Two canopies were symmetrically mounted 
above and below the NACA RM-10 research  vehicle a t  the  32.8-percent 
fuselage  s ta t ion  for   the tes t .  

The dimensionless  heat-transfer  coefficients  or  Stanton numbers 
increased  in  value  along  the  face  of  the canopy, f o r  Mach numbers a t  and 
above 2, and  then  decreased  rapidly in   t he   r eg ion  of  high  expansion just 
behind  the  windshield. The Stanton numbers f o r   t h e  canopy afterbody 
decreased  with  increasing Mach  number and  Reynolds number whereas such 
ef fec ts  were not  evident  for  the  forward  half of the canopy. The theo- 
re t ica l   f la t -p la te   S tan ton  numbers based on local  conditions were of the 
same order of  magnitude as the  experimental  values a t  the  forward  and 
midcanopy s ta t ions .  The canopy plus  interference  drag  coefficient was 
about 0.1 between Mach numbers 1 .4  and 1.8 and  then  increased  with Mach 
number t o  a value of 0.28 a t  Mach  number 3.0.  

INTRODUCTION 

A s  par t   of  a general  research program of the  National  Advisory 
Committee f o r  Aeronautics t o  determine  the  heat-transfer  properties of 
a i r c r a f t  components, the Langley Pilotless  Aircraft   Research  Division 
has tes ted  a t y p i c a l   p i l o t ' s  canopy  on the NACA FiM-10 research  vehicle 
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a t  i t s  test  s t a t i o n  a t  Wallops Island, Va .  The present  paper  presents 
experimental   heat-transfer  coefficients  and  zero-lif t   drag  for  the 
canopy up t o  Mach number 3.0 and Reynolds number up t o  59 x 10 based 
on the  length between the  fuselage  nose  and canopy. In   order   to  aid the 
designer in  estimating  the  heat;-transfer  coefficient,  the  experimental 
data are  compared with  that  predicted  by  flat-plate  theory  based on loca l  
conditions. The aerodynamic heating  and  drag  data  presented were obtained 
from telemetered measurements of wall-temperature  distribution,  pressure 
d is t r ibu t ion ,   and   $cce lera t ion   in   f l igh t .  Some recent   f l igh t   t es t   inves-  
t iga t ions  of the aerodynamic hea t   t r ans fe r   fo r   o the r   a i r c ra f t  components 
are   given  in   references 1 t o  7. 

6 

SYMBOLS 

AC maximum cross-sectional  area  of one canopy, f t 2  

AF  maximum cross-sectional  area of fuse lage ,   f t2  

a tangential   acceleration,  f t /sec2 

CD total   drag  coefficient  based on AF 

= 'Dfuselage+canopies %use lage 
- c  

cP pressure  coefficient,  pv - p1 
91 

C P specif ic   heat  of a i r   a t  constant  pressure,  Btu/slug, OF 

cw specif ic   heat  of w a l l  material,  Btu/lb, OF 

g acceleration due to   g rav i ty ,  32.2 f t /sec2 

h  aerodynamic heat-transfer  coefficient,  Btu/sec-ft2, OF 

L length of fuselage , i n .  

2 length of  canopy, i n .  

M Mach number 

Npr Frandtl number - 
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Stanton number , h/ ( C ~ P V ) ~  

probable  error i n  Stanton number 

s ta t ic   p ressure ,   lb / f t2  

dynamic pressure,   lb / f t2  

Reynolds number 

recovery  factor, Taw - Tv 
Tso - Tv 

radius of fuselage,   in.  

radius of  canopy, in .  

temperature , OR 

time from s tar t  of f l i gh t ,   s ec  

veloci ty ,   f t /sec 

weight of model during  deceleration,  lb 

s t a t ion  measured  from fuselage  nose,  in. 

s t a t ion  measured  from  canopy leading  edge,  in. 

ordinate   to  canopy reference  l ine,   in .  

. 

r a t i o  of specific  heats 

density of a i r ,  s lugs/f t3  

specific  weight  of wall, l b / f t 3  

w a l l  thickness, f t  

angle between f l i gh t   pa th  and  horizontal, deg 

canopy polar angle measured  from top of canopy,  deg 
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Subscripts : 

aw adiabatic wall 

W wall   (skin) 

1 free -s tream conditions 

s o  free-stream  stagnation 

v jus t   ou ts ide  boundary layer 

MODEL AND INSTRUMENTATION 

Details, dimensions,  and  photographs  of  the  configurations  tested 
are given i n   f i g u r e s  1 and 2.  The NACA R"10 research  vehicle w a s  used 
as the  fuselage of the  configuration.  This body was derived from a 
parabolic  arc of revolution of f ineness   ra t io  15 by cut t ing o f f  p a r t  of 
the  pointed  stern  to  allow  space  for  the  rocket j e t .  The resul t ing 
fuselage had a fineness  ratio  of  12.2, maximum body diameter of 12  inches, 
and w a s  equipped  with a 6.25-inch Deacon rocket motor. The configuration 
was s tab i l ized  by four 60' sweptback,  untapered f i n s  of to ta l   aspec t  
r a t i o  2.04. The a i r f o i l  of the  f ins   consis ted of a 10-percent-thick 
circular-arc  cross  section normal to   the  leading edge o r  5 percent  thick 
i n   t h e  streanwise direction. The skin of the  fuselage was made of  spun 
magnesium a l l o y   t o  which the  cast  magnesium f i n s  were attached. A l l  the 
surfaces were smooth and highly  polished. 

The canopy was designed t o  have a f l a t  windshield sweptback 63O, 
circular  cross  section, and an  equivalent body f ineness   ra t io  of 7.0. 
Two canopies were symmetrically  located above and below the  fuselage  for 
the test .  The windshields  intersected  the  fuselage  surface a t  the 
48-inch s t a t ion  of the body. Each canopy w a s  constructed of nickle 
(electroformed), had a polished  surface, and w a s  insulated from the fuse- 
lage by a phenoline  slab. Table I l is ts  the w a l l  (skin)  thickness a t  the 
canopy s ta t ions  that were selected  for  the  wall-temperature measurements. 

The model was equipped  with 11 channels  of  telemetering to   t ransmit  
the measured wall temperatures,  pressures,  and  drag  acceleration  to a 
ground receiving  station. The temperature  pickup w a s  commutated every 
0.2  second t o  transmit  temperature measurements a t  12 canopy s ta t ions .  
The s ta t ions  selected  are  shown i n   f i g u r e  l ( b )  and are i d e n t i f i e d   i n  
terms of  nondimensional canopy s t a t ion  x/2 and polar  angle @ measured 
from the  top of the canopy (meridian  plane). The skin  temperatures were 
measured  by means of iron  constantan  thermocouples  (no. 30 gage)  welded 
to  the  inner  surface of one of the  canopies. The accuracy  of  the 
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temperatures  recorded was within flO0 F. A more complete discussion of 
the  general methods of the  temperature  telemetering  techniques employed 
i s  presented  in  reference 1. 

Nine of the  channels  transmitted  continuous  readings of pressure on 
the  other canopy a t  stations  corresponding  to  temperature  stations  as i s  
shown i n   f i g u r e   l ( b ) .  The pressure  or i f ices  were made of 0.125-inch 
outside  diameter  (0.055-inch  inside  diameter) copper tubing. The ins t ru-  
mentation  used had a time-lag  constant of  about 0.007 second,  which was 
sufficiently  small  to  allow  pickup of the  rapid changes in  pressure 
obtained  during  accelerating  flight. The pressure  cells  were connected 
to   read  different ia l   pressures   based on an  estimated  pressure  gradient 
over  the  canopy.  Since  the  accuracy of the  pressure  instrumentation w a s  
about f2   percent  of the  ful l -scale   def lect ion of each cel l ,   th is   arrange-  
ment greatly  reduced  the  error by making it possible   to  use small-scale 
ranges  for most of the  s ta t ions.  The only  absolute-pressure  reading 
taken w a s  on the  windshield a t  x/2 = 0.072 and @ = Oo, whereas the 
remaining  pressure  readings were relat ive  to   the  or i f ice   giving  the  next  
highest  estimated  reading. 

METHOD AND PROCEDURES 

Test 

The model was tes ted  a t  the Langley P i lo t less   Ai rcraf t  Research 
S t a t i o n   a t  Wallops Island, V a .  through a continuous  range of Mach  number 
from ab0 t 1.5 t o  3 .O and  Reynolds number from approximately 55 x 106 t o  
180 x 10 based on total   fuselage  length  as i s  shown in   f i gu re   3 (a ) .  The 
maximum  Mach  number w a s  attained  through  propulsion by  a two-stage  rocket 
system ( f i g .   2 ( c ) ) .  The f i r s t  stage, which consisted of  two 6.25-inch 
Deacon rocket motors  burning  simultaneously,  boosted  the model t o  Mach 
number 1.6. After  burn-out of this  stage,  the  booster  drag  separated 
from the model. The model coasted  for  about 7 seconds a f t e r  which the 
second stage,  which was incorporated  in  the  fuselage,  accelerated  the 
configurat ion  to  Mach  number 3.13. Velocity  and  trajectory  data were 
obtained from the CW Doppler  velocimeter  and  the NACA modified SCR-384 
tracking radar unit, respectively. A survey of atmospheric  conditions 
including winds a l o f t  was  made by  rawinsonde  measurements  from an 
ascending  balloon  that was released  before  each  test. The free-stream 
conditions  for  the test  are   presented  in   f igure  3(b) .  

Data Reduction 

From the measurements  of wall temperature  and  pressure,  time  his- 
to r ies ,  and f l ight   condi t ions,   the  data were reduced to  Stanton number 
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from the following  relation: 

The above equation i s  va l id   for   these  tests because  conduction  and 
radiative  heat  losses were found t o  be negligible when compared t o   t h e  
to t a l   hea t   t r ans fe r r ed   t o   t he  canopy, with  the  possible  exception of the 
measurements a t  s ta t ions  (x/2 ) 0.214 and  0.241. 

The thickness,  density,  and  specific  heat (ref. 8) of the material 
were known. The value of the  specif ic   heat   for   the  nickel  canopy varied 
near ly   l inear ly  from 0.112 Btu  per pound per  degree  Fahrenheit a t  200°  F 
t o  0.142 a t  1500' F. 

The adiabatic w a l l  temperature w a s  obtained from the  expression 

Taw = R .F. (Tso - Tv) + T, 

where the  recovery  factor i s  assumed equal t o  (NPr)'/3 based on Tw 
f o r  a l l  turbulent  flow  over  the canopy. The assumption of turbulent 
f l o w  was based on the  high  values of loca l  Reynolds number ahead of the 
canopy and a l so  from tests of the body a one i n  reference  2. The values 
of recovery  factor  used,  based on (Npr)d3, varied between 0.87 and 0.89 
throughout  the tes t  range. No experimental  recovery  factors were 
obtained  because  of  the  accuracy of the measurements. 

In  order  to  determine  the  local  flow  conditions  outside of the 
boundary layer a t  the canopy stations,   such as c pV and Tv, the  

shock-wave losses  and  local  conditions  just  forward  of  the canopy wind- 
shield had t o  be estimated. The t o t a l  shock-wave losses were obtained 
a t  several   representative  f l ight Mach numbers by  assuming a conical 
shock a t  the  fuselage nose  and  an  attached  two-dimensional  oblique  shock 
a t  the canopy windshield above a free-stream Mach number of 2.2. Below 
this Mach number, a normal shock was assumed for  the  windshield  instead of 
a detached  oblique  shock. The local  flow  conditions on which the wind- 
shield shock waves are  based were determined  from  pressure measurements 
about  the  fuselage  alone  in  reference 3 f o r  comparable Mach  number and 
Reynolds number ranges. 

( p  ) 
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The values of t o t a l  drag coefficient,  based on the  fuselage  frontal 
area, were obtained  during  decelerating  flight  with  the  expression: 

For comparative  purposes,  the  drag was evaluated  with  the  decelerations 
as  determined by the  drag  accelerometer and  by differentiating  the  veloc- 
i t y  time  curve of the CW Doppler radar. A more complete discussion on 
the method of reducing  the  drag data is  given in   reference 10. 

ACCURACY 

The probable  error  in  determining  the  heat-transfer  coefficient and 
Stanton number utilizing  the  present  experimental  technique is discussed 
in   de t a i l   i n   r e f e rence  3. In  general,  the  error i s  dependent on the 
accuracy of the measurements obtained  during  the  f l ight  test ,   the  accu- 
racy of determining  the  local  flow  conditions  outside  the boundary layer ,  
and the  error  due to  neglecting  the  contributions of radiation and  con- 
duction  along  the  skin.  Reference 3 shows that the  probable  error  in 
Stanton number may be approximated  from  the  following  expression: 

[ T a r ?  TW)2 + + 0.0022 r 
It i s  evident from the above equation that the  Stanton number becomes 
too  inaccurate when Taw - Tw and  dTw/dt approach 0. A n  example of 
the  accuracy i s  presented  in  f igure 4 f o r  a typ ica l  measuring s t a t i o n  
.(x/2 = 0 -894, @ = 0') . Figure 4( a )  shows the  probable  error  as a 
function of Taw - T,. The variations of Taw - Tw through  the  second 
boost  and  coast  stage of t he   t e s t  are given in   f igure  4(b) .   Figure  4(c)  
shows the computed Stanton numbers f o r   t h i s   s t a t i o n  and  an  accuracy  band 
based on the  aforementioned  equation. The la rges t  and inadmissible  errors 
were obtained  during  coasting  flight  for  both  the first and  second coast  
periods.   In comparison, the  accuracy  during the second  acceleration  boost 
(10 sec   to  13.1 sec)  was par t icu lar ly  good and, i n  general,  varied  within 
a maximum e r ro r  of f10 percent of the measured values. As a consequence, 
the  analysis  presented  herein is primarily  based on the data obtained 



during  the  lat ter  acceleration  period,  and comparisons a re  made with 
deceleration data f o r   t h e  second  coast  period whenever the  accuracy  of 
the measurements from this last period  appears good. 

The error   in   pressure  coeff ic ient   and  total   drag  coeff ic ient ,   based 
on instrument  accuracy, was estimated  to  be *O.Ol5  and kO.01, respec- 
t ive ly .  The free-stream Mach  number a l so  was estimated  to be  within 
20.01 through most  of the Mach  number range. 

l?ESULTS AND DISCUSSION 

Canopy Temperature Distribution 

The var ia t ions of  measured w a l l  temperature  with  time  for  the  second 
boost and coast  stage of t he   f l i gh t   t e s t   a r e   p re sen ted   i n   f i gu re  5. This 
time interval  covers  the complete Mach  number range for  both  acceleration 
and  deceleration  data. The  low supersonic data obtained from the f irst  
pa r t  of t h e   t e s t  (below 10 sec)  gave large  errors  in  the  determination of 
Stanton number, based on the  accuracy  analysis of reference 3 ,  and  have 
been  omitted. The temperature  distribution  over  the canopy during  the 
acceleration  period (10 t o  13.1 sec)  where the  skin i s  being  heated i s  
presented  in   f igure 6 for  free-stream Mach numbers of 1.5, 2.0, 2.2, 
2 - 5 ,  and 3 .O. The curves  faired  through  the  test  points a t  = Oo 
i l l u s t r a t e   t he   va r i a t ion  of skin  temperature  over  the  top of the canopy. 
As would be expected,  the  highest  temperatures  are  obtained on t h e   f l a t  
windshield where the compression is greatest  a t  each Mach number. The 
fair ings used in   f i gu re  6(b)  a re   a rb i t r a ry  and only  intended  as  an  aid 
i n  showing the  general   variation of skin  temperature  along  the  side of 
the canopy. These temperature  distributions  are  typical  also of those 
obtained  for  the  decelerating  part  of t he   f l i gh t  where, in   general ,   the  
skin is being  cooled. 

Canopy Pressure  Distribution 

The measured pressures on the canopy are   presented  in   coeff ic ient  
form fo r   t he   f l i gh t - t e s t  time in te rva l  from  approximately 10 t o  25 sec- 
onds in   f i gu re  7. The solid  curves shown represent  the  pressure  coeffi- 
c ien ts   for  which accurate measurements  were obtained. The dashed por- 
t ions of the  curves  identify  those  parts of t he   f l i gh t - t e s t  range where 
the  pressure  coefficients have been  estimated from ei ther   off-scale  
measurements or extrapolations.  

The pressure  distribution  along  the  top of the canopy  and a t  the 
few points on the  s ide of the canopy for   the  accelerat ion  per iod (10 t o  
13.1 sec)  is shown i n   f i g u r e  8. The pressure  coefficients  obtained from 
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the second  coast  period  (not shown) agree w e l l  with  the  acceleration 
data between Mach numbers from about 2.2 t o  3.0. The agreement a t  the 
lower Mach numbers w a s  within 20 percent. The deceleration data appear 
t o  be less  accurate because of the  off-scale  readings and their   possible  
e f f ec t  on the  cal ibrat ion of the  pressure  cells .  The values of  peak- 
pressure  coefficient a t  the  forward  station (x/2 = 0.072, $$ = Oo) on 
the  windshield may be shown t o  be  approximately  the same as t h a t   f o r  a 
wedge with  an  oblique shock wave, based on loca l  flow  conditions, when 
the shock i s  attached. For free-stream Mach numbers below 2.2, where 
the  windshield shock i s  detached,  the  values Of Cp for   an assumed wedge 
would be considerably  higher  than  for  the  inclined f la t  windshield. The 
drop in  pressure  along  the  windshield w a s  obtained  a lso  in  a previous 
invest igat ion  ( ref .  11) and  appears t o  r e su l t  from both  the  expansions 
around the edges of the  windshield and interference from the  fuselage. 
This tes t  and reference 11 indicate  that   only small increases i n  wind- 
shield  pressure  coefficient  are  obtained from increasing Mach number a t  
zero l i f t .  

The values  of  the  parameter as determined from the   loca l  

conditions  over  the canopy for   the same acceleration t i m e  in te rva l  men- 
tioned above are presented  in   f igure 9. Since  pressure measurements 
were not  taken a t  s ta t ions x/2 = 0.143, $$ = Oo; x/2 = 0.643, @ = Oo; 
and x/2 = 0.241, $$ = 34.3', the  values shown for   these  s ta t ions were 
based on the  estimated  local  pressure  coefficient.  The magnitude  and 
dis t r ibut ion  of  

l a r   t o   t hose  shown i n  the  f igure  but  are somewhat smaller i n  magnitude. 
(cppV) 

for  the  decelerating  data  (not shown) are s i m i -  

Heat-Transfer  Coefficient 

The dis t r ibut ions of heat- t ransfer   coeff ic ient   for   the canopy as 
determined for   severa l  Mach numbers during  the time in t e rva l  from 10 t o  
13.1 seconds are  presented  in  f igure 10. The heat-transfer  coefficient 
along (d = 0' drops  markedly j u s t  behind  the  windshield and then becomes 
constant a t  a value  of  about 0.020 on the canopy afterbody  regardless of 
Mach number. Although there  are  too f e w  po in t s   t o  determine  the  varia- 
t i on  of h along  the  side of the canopy (f ig .   10(b)  ), the  heat-transfer 
distributions  along  the  side  are somewhat similar t o  those a t  the  top.  
A t  s t a t ion  0.429, for  instance,  h is about  equal t o  0.02 a t  (d = 76.20 
as w e l l  as a t  Oo fo r  Mach numbers of 2.0 and higher. The agreement 
obtained a t  these radial s ta t ions  may be due to   t he   f ac t  that both  points 
l i e  in   the  region of  high  expansion just  behind  the  windshield. The 
apparent  deviation  in h for the  s ide  s ta t ions a t  M .= 1.5 may have 
resul ted from  detachment  of the shock from the  windshield  and/or  inaccu- 
rate measurements a t  low supersonic  speeds. 
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The nondimensionalized  heat-transfer  coefficients  or  Stanton numbers 
and  the  local Reynolds numbers far the  top of the canopy are  given i n  
' f igures 11 (a) and 11 (b)  , respectively. The loca l  Reynolds numbers are 
based on the  length between the nose of the  fuselage  and  each  (pressure 
o r i f i c e )   s t a t i o n  and  the  local  conditions  outside  the boundary layer .  The 
comparison shows that  the  Stanton number increases  along  the  face of the 
canopy a t  each Mach  number a t  and above 2 and remains  nearly  constant a t  
the  lower Mach number. The Stanton numbers decrease  rapidly  in  the  region 
of high  expansion j u s t  behind  the canopy windshield. The r e su l t s   a l so  
show tha t   t he   l eve l  of Stanton number  on the  rear  half of the canopy 
itecreases s ignif icant ly   with  increasing Mach  number and  Reynolds number, 
whereas such e f f ec t s  were not  obtained  for  the  forward half of the canopy. 
The Stanton numbers and Reynolds numbers for   the   s ide  of the canopy are 
given in   f i gu re  12. No conclusions  are  being made from the measurements 
a t  the few stations  used. With the  possible  exception of the   resu l t s  a t  
M1 = 1.5 f o r   t h e  side stations,   values of Stanton number given i n   f i g -  
ures 11 and 12 are   be l ieved   to  be accurate  within f10 percent. 

The Stanton numbers and loca l  Reynolds numbers along  the  top of the 
canopy for   the  accelerat ion  per iod  are  compared w i t h  those  obtained  during 
decelerat ing  f l ight  (13.1 t o  25 sec)  and turbulent   f la t -plate   theory 
( r e f .  12) i n   f i g u r e  13. Since  the  skin  temperatures  are  not  isothermal, 
the  theoretical  values  are  intended  to  serve  only as a datum or  reference 
for  engineering  purposes. According to   reference 13, the   f la t -p la te  
Stanton numbers were taken as equal   to  0.6 of the  turbulent  skin-friction 
coefficient  based on loca l  Reynolds number, Mach number, and  heating con- 
di t ions.  A t  a free-stream Mach  number 3.0 ( f i g .   l 3 ( a ) ) ,  where the canopy 
is  being  heated  for  both  the  acceleration  and  deceleration  results,  the 
agreement for   the  two pa r t s  of t he   f l i gh t  test  i s  excellent  along  the 
canopy afterbody  and fair  near  the  forward  part of the  windshield. The 
Stanton number increases from  about 9.3 x 10-4 t o  12.8 X 10-4 along  the 
canopy face  during  acceleration and  from about 9 x loe4 t o  10 x 
during  the  deceleration  period. The theoret ical   f la t -plate   values   are  of 
the same order of  magnitude as NSt for  the  forward  part  of the  windshield 
and midsection  of  the canopy. The disagreement between the  theory  and  test  
r e su l t s  i s  grea tes t  a t  the  rearmost  stations of the  windshield  and after- 
body of the canopy. A t  Mach nuinber 2.5 ( f i g .   l 3 ( c ) )   t h e   f l i g h t   t e s t  
r e su l t s   a r e  compared for   those  s ta t ions where reasonable measurements  were 
obtained  for  the  deceleration data. The deceleration data a re   l e s s  accu- 
r a t e  due t o   l a r g e r   e r r o r s   i n  the pressure  coefficient and  lower  values of 
Taw - Tw than  for  the  acceleration  data.  The f la t -plate   theory  a lso indi- 
cates  only a small e f f e c t  of loca l  Reynolds number ( f ig .  l 3 (d ) )  and heating 
conditions Tw/Tv on the  Stanton numbers obtained. A t  M = 1.5 i n   f i g -  
ure   l3 (e) ,  where only  the  acceleration Nst is  compared with  the  theory, 
the agreement i s  s i m i l a r   t o  that obtained  for  the  higher Mach numbers. 



Drag 

The variations of t o t a l  drag  coefficient  and canopy p lus   in te r fe r -  
ence  drag  coefficient  with Mach  number are   presented  in   f igures  14(a) 
and 14(b),   respectively.  The accelerometer  drag  points shown were 
obtained from a signal  received from the  accelerometer a t  two receiving 
s ta t ions .  The sca t t e r  of these  points  about  the  average  drag  curve 
indicates  the  accuracy  of measurement. The drag  curve  for  the body 
alone i s  an  average  curve as obtained from f l i g h t   t e s t s  of several  R"10 
bodies   ( ref .  9 )  through  Reynolds number ranges  that were similar t o   t h a t  
of the  present tes t .  The canopy plus  interference  drag  coefficient,  
based on total-canopy  frontal  area, was obtained from the  difference  in  
the  average  total  drag  curves  given  in  figure 14(a) .  The var ia t ion of 
canopy drag  with Mach  number  shows a nearly  constant  value of incremental 
drag of about 0.1 between Mach numbers 1 .4  and 1.8. Thereafter,  the 
canopy drag  increases  with Mach  number t o  a value  of 0.28 a t  Mach  num- 
ber 3.0.  The drag fo r   t he  canopy near Mach  number 1 . 4 . i ~  low compared 
to  the  drags of similar canopies  tested on pointed  bodies  in  reference 14.  
This may be explained  (ref. 14)  by  the  fact   that   the  canopy has  both a low 
r a t i o  of  canopy to   fuse lage   f ronta l   a rea  and a favorable  location  forward 
of the  fuselage maximum diameter. 

CONCLUSIONS 

Supersonic  convective  heat  transfer  and  zero-lift  drag have been 
measured i n   f r e e   f l i g h t   f o r  a canopy having a 630 sweptback f la t  wind- 
shield on the NACA R"10 research  vehicle. The f l igh t   t es t s   covered  a 
range  of Mach  number varying from approximately 1 .5  t o  3.0 with Reynolds 
numbers varying from about 18 x 10 t o  59 x 10 based on the  length 
between the canopy windshield  and  fuselage  nose. The results indicate  
the  following  conclusions: 

6 6 

1. For Mach numbers between 2 and 3 ,  the  Stanton numbers increased 
along  the  windshield of the canopy reaching maximum value a t  the end of 
the  windshield. A t  lower Mach numbers, the  Stanton numbers remained 
nearly  constant  along  the  face of the canopy. 

2 .  The Stanton numbers just  behind  the  windshield i n  the  region of 
high  expansion  decreased  rapidly a t  each   t e s t  Mach number. 

3 .  The l eve l  of  Stanton number d is t r ibu t ion  on the   rear  half of  the 
. canopy decreased with increasing Mach  number and  Reynolds number, whereas 

.no  systematic  effects due t o  Mach n h b e r  and  Reynolds number were 
obtained on the  windshield. 
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4. Theoretical  flat-plate  heat-transfer  coefficients  based  on 
local  conditions  were of the  same  order  of  magnitude as the  experimental 
values  at  the  forward  windshield  and  midcanopy  stations.  The  greatest 
disagreement  was  obtained  at  the  rearmost  windshield  and  canopy  after- 
body  stations. 

5 .  Only  small  increases  in  windshield  pressure  coefficient  were 
obtained  by  increasing  the  Mach  number  from 1.3 to 3.0.  

6. The  canopy plus interference  drag  coefficient  was  nearly  con- 
stant  at 0.1 between  Mach  numbers 1.4 and 1.8, thereafter  increasing 
with  Mach  number  to a value  of 0.28 at  Mach  number 3.0. 

Langley  Aeronautical  Laboratory, 
National  Advisory  Committee  for  Aeronautics, 

Langley  Field,  Va.,  June 19, 1956. 

1 I 
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TABU 1 6 -  THICKNESS OF CANOPY SKIN 

ktat ions measured from canopy leading edge7 

X I 2  

0.072 
.143 
.143 
.143 
.214 
.241 
.241 
.241 
.429 
,429 

.894 

.643 

0 
0 
9.9 
33.8 
0 
0 
34.3 
68.1 
0 
76.2 
0 
0 

T ,  in. 

0.0310 
.0281 
.0300 
.0380- 
.0281 
.0320 
-0319 
.0h01 
.0341 
-0330 
.0360 
.Ob50 



129 .oo 

L = 146.50 thickness rat io  = 0.10 

(a) General  dimensions of model tested. 

Figure 1.- Details and dimensions of model tested. All dimensions are 
in inches  except  where  noted. 
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Contour Coordinate  Table 

x r r,. yr 
Measurement S ta t ions  ( 5 )  on canopy 

- 
. e94 1.0 

Orifice I .D.  = 0.055 

0 = 00 
" 

w0 = 9.9O 

0 Temperature s t a t i o n s  
8 Temperature and pressure 

I_ = 28*oo & s t a t i o n s  B I I Wall (skin) th ickness ,   table  I. 

- 
"" "- 

BI, 

-+ :i 
1,- 
Section AA 

Straight  
, f a i r i n g  

1.- 
Sectlon BB 

s ta t ion8  

( b )  Details of canopy. 

Figure 1.- Concluded. 
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(a) Fuselage plus  canopies. L-90363.1 

~~90362.1 
(b) Closeup of canopy. 

Figure 2. - Photographs of model tested. 
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( c )  Model and booster on ladncher. L-90596 

Figure 2.- Concluded. 
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(a)  Mach  number and Reynolds  number  (based  on  fuselage  length). 
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4000 1000 

o 600 

t 

(b)  Dynamic  pressure,  static  pressure,  and  static  temperature  (OR). 

Figure 3 . -  Variations  of  free-stream  conditions  with  time. 
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1.0 

.0 

.6 

.4 
9 

.2 

0 

Taw - Tw 

( a )  Error   in   Stanton number as a function of heating  potential .  

t 

( b )  Heating  potential at x/2 = 0.894 and $j = 0’. 

NSt  

t 

21 

( c ) Accuracy  band  and Stanton number at x/2 = 0.894 and 9 = 0’. 

Figure 4.- Variation of probable  error i n  Stanton number as a function 
of heat ing  potent ia l  and  an example .of the accuracy  obtained at a 
typ ica l  measuring s ta t ion .  
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10 12 16 18 20 22 26 

t 

Figure 5.- Variations of w a l l  temperature ( O R )  with  time at the  canopy 
measuring s ta t ions.  
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Figure 5.- Concluded. 
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I I I I I I 
.1 .2 .3 .4 .5 .6 

Led 

L 
.7 

o 3.0 12.9 
2.5 12.4 

0 2.2 12.0 - 
Q 2.0 11.7 
P 1.5 11.0 

1.' 0 

( a)  Wall temperature on top of canopy. # = Oo and 9.9'. 

1 

I I I I I I I I I 

.1 .2 .3  .4 .5 .6 .7 .a .9 1.0 

x/l 

(b) Wall temperatures on side of canopy. 

Figure 6.- Comparison of the distribution of wall  temperature (?R) of the 
canopy  at several  Mach numbers  during accelerated flight. 



10 12 14 16 18 20  22  24 26 
t 

Figure 7.- Variations of pressure  coefficients  with  t ime  at  the canopy 
measuring s ta t ions .  
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Figure 7.- Concluded. 
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X/& 

(a) Pressure coefficients on top  of canopy. @ = 0' and 9.9O. 

(b) Pressure coefficients on side of canopy. 

Figure 8.- Comparison of the distribution of pressure coefficient  of the 
.canopy at several  Mach numbers  during accelerated flight. 
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0 .1 .3  .4 .5 .6 .7 .8 .9 1.0 

x / t  

( a) TOP of  canopy. # = oo and 9.9'. 

0 .1 .2 . 3  .4 .5 .6 .7 .8 .9 1.0 

x/r 

(b ) Side of canopy. 

Figure 9.- Comparison of the  distribution  of (C~PV)~ of the  canopy  at 
several  Mach  numbers during accelerated  flight. 



NACA RM ~ 5 6 ~ 0 5  

.10 

.08 

.06 

h 

* 04 

.02 

0 

1 

- 

- 

- 

- 

I I 
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X / l  

(a) TOP of canopy. $ = oo ana 9.9'. 

h 

'' ( b  ) Side 'of canopy. 

Figure 10.- Comparison of the   d i s t r ibu t ion  of heat-transfer  coefficient 
for the  canopy at several  Mach numbers during  accelerated  f l ight.  
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NS t 

0 3.0 12.9 

0 2.2 12.0 
a 2.0 11.7 
Y 1.5 11.0 

0 .1 .2 . 3  .4 .5 .6 .7 .8 .9 1.0 

X/& 

(a )  Stanton number. 

0 .1 .2 . 3  .4 .5 . 6  .7 .8 .9 1.0 

X / L  

( b  ) Local Reynolds number. 

Figure 11.- Comparisons of the  dis t r ibut ions of Stanton number and 
Reynolds number on the  top of the canopy at # = 0' and 9 .go f o r  
several  Mach numbers during  accelerated  f l ight.  
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0 

x / b  

(a) Stanton number. 

0 .1 .2 .3  .4 .5 .6 .9 1.0 

x / t  

(b) Local Reynolds number. 

Figure 12.- Comparisons of the  distributions of Stanton number and Reynolds 
number on the  s ide of the canopy f o r  several Mach numbers during  accel- 
e ra ted   f l igh t .  
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*s t  

20x10-4 - 

10 

t e s t  
"" turbulent  f lat-plate theory - 

0 acceleration 
0 deceleration 

I ,  . I 
I 

Flagged  symbols  are for 0 = 9.9'3 

0 .1 .2 .3 .4 .5 .6 .7 .8 .9 1.0 

(a )  Stanton number at M1 = 3 .O. 
" 

(b )  Local Reynolds number at M 1  = 3.0. 

Figure 13.- Comparisons of the  Stanton numbers as obtained from t h e   t e s t  
and turbulent   f la t -plate   theory,  and Reynolds number  on the  top of 
the canopy ( @  = 0' and 9.9') for   several  Mach numbers during  accel- 
erated and dece lera ted . f l igh t .  
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20 
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t u r b u l e n t   f l a t - p l a t e   t h e o r y  
a c c e l e r a t l o n  

.6 .7 .8 .9 1.0 

x / a  

( c) Stanton number at M1 = 2.5. 

x / t  

( d )  Local Reynolds number at M1 = 2.5. 

Figure 13. - Continued. 
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( e  ) Stanton number a t  ~1 = 1.5. 

R" 

0 -1 .2 .3 .4 .5 .6 .7 .0 .V 1.0 

x / r  

(f  ) Local Reynolds number at M1 = 1.5. 

Figure 13.- Concluded. 
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(a)  Total  drag  coefficient. 
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(b)  Canopy  plus  interference  drag  coefficient . 
Figure 14.- Variations of total  drag  coefficient  and  canopy  plus  interference 

drag  coefficient  with  Mach  number. 




